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Vertol  Division,  The  Boeing  Company,  Morton,  Pa.,  WIND  TUNNEL  TESTS 
AND  FURTHER  ANALYSIS  OF  THE  FLOATING  WING  FUEL  TANKS  FOR  HELICOPTER 
RANGE  EXTENSION,  VOL.  5  -  Analysis  of  Stability,  Control  and  Per¬ 
formance  Characteristics  by  H.  Neeb,  D.  Lawrence,  and  R.  Johnstone, 
August  1961.  186  pp,  incl.  illus.,  tables.  Contract  (DA44-177- 

TC-550)  USA  TRECOM  Proj .  (9X38-09-006) 

Unclassified  Report 

This  report  describes  an  analytical  investigation  of  the  stability 
and  performance  of  a  Boeing-Vertol  H-21  tandem  rotor  helicopter 
equipped  with  floating  wing  fuel  cells  as  a  means  of  ferry  range 
extension.  The  stability  of  the  total  system  was  studied  with  the 
wing  located  forward  and  directly  under  the  helicopter  center-of- 
gravity  (eg)  .  Two  methods  of  stabilizing  the  wing  oscillations 
about  the  hinge  were  studied:  (a)  A  skewed  hinge  line,  introducing 
a  change  in  angle  of  attack  as  a  function  of  the  flapping  disturbance, 
and  (b)  a  geared  trailing  edge  flap,  mechanically  linked  to  deflect 
when  the  wing  flaps.  Satisfactory  stability  was  obtained  with  the 
wing  positioned  directly  beneath  the  helicopter  eg,  using  an  un¬ 
skewed  hinge  line,  and  geared  flaps.  The  forward  wing  location 
was  found  to  be  unsatisfactory  from  the  standpoint  of  longitudinal 
stability  for  the  light  wing  case.  Flight  simulator  studies 
emphasize  the  need  for  additional  lateral  control  to  supplement 
that  produced  by  the  basic  aircraft.  It  was  found  that  full  span, 
differential  ailerons  with  deflections  of  2%  degrees  per  inch  of 
stick,  provide  satisfactory  roll  control  and  wing  flapping  angles. 

At  a  take-off  weight  of  25,  900  lbs  and  with  the  wing  in  the  aft 
position  the  ferry  range  is  1975  nautical  miles. 


i 


Project  9X38-09-006 
Contract  DA44-177-TC-550 
August  1961 


WIND  TUNNEL  TESTS  AND  FURTHER 
ANALYSIS  OF  THE  FLOATING  WING 
FUEL  TANKS  FOR  HELICOPTER 
RANGE  EXTENSION 

Volume  5 

ANALYSIS  OF  STABILITY,  CONTROL  AND 
PERFORMANCE  CHARACTERISTICS 

R-2  55 


Prepared  by: 
Vertol  Division,  Boeing 
Morton,  Pennsylvania 


for 

U .  S  .  ARMY  TRANSPORTATION  RESEARCH  COMMAND 
FORT  EUSTIS ,  VIRGINIA 


ACKNOWLEDGEMENTS 


This  study  was  accomplished  by  the  Aerodynamic  Department  of  the 
Vertol  Division  of  The  Boeing  Company.  Notable  contributions 
were  made  by  the  following  personnel: 


E. 

Diamond 

-  Systems  Analyst 

R. 

Johnstone 

-  Aerodynamicist 

D. 

Lawrence 

-  Aerodynamicist 

H. 

Neeb 

-  Aerodynamicist 

HEADQUARTERS 

U.  S.  ARMY  TRANSPORTATION  RESEARCH  COMMAND 
Fort  Eustis,  Virginia 

FOREWORD 

The  U.  S  Army,  through  the  facilities  of  the  U.  S.  Army  Transpor¬ 
tation  Research  Command,  Fort  Eustis,  Virginia,  has  conducted  a  research 
program  to  determine  a  method  for  increasing  the  range  of  helicopters  of 
the  light-cargo  type  to  2,000  miles  or  more.  The  system  that  held  the 
most  promise  was  one  wherein  floating-wing  fuel  tanks  were  attached  to 
the  helicopter's  fuselage. 

The  report  presented  in  the  following  pages  is  the  fifth  and  last 
volume  of  the  final  report.  This  report  contains  the  results  of  the 
analytical  investigation  of  the  stability,  control,  and  performance 
characteristics  of  the  floating  wing  fuel  tank  system.  The  conclusions 
presented  in  the  report  are  concurred  in  by  this  Command. 

A  design  and  fabrication  program  is  now  under  way  as  a  follow-up 
to  this  research  program. 

FOR  THE  COMMANDER: 

APPROVED  BY: 


USATRECOM  PROJECT  ENGINEER  CWO-4  USA 

Assistant  Adjutant 


CONTENTS 


Page 

List  of  Figures  and  Tables  .  v 

List  of  Symbols  .  viii 

Summary  . 1 

Recommendations  and  Conclusions  .  3 

Introduction  .  4 

Longitudinal  Analysis  . 8 

Lateral-Directional  Analysis  . . . . .  13 

Flight  Simulator  Study  .  18 

Performance  Analysis  .  20 

Bibliography  .  24 

Appendix  A  -  Longitudinal  Analysis  .  25 

Appendix  B  -  Lateral-Directional  Analysis  .  88 

Appendix  C  -  Performance  Analysis  . 139 

Appendix  D  -  Analog  Computer  . . .  17  3 

Distribution  List  . 183 


LIST  OF  FIGURES  AND  TABLES 


Figure  Page 

1,2  Displacement  Diagram  for  Longitudinal  Equations  26 

3  Differentially  Geared  Flap  27 

4  Basic  Helicopter  Response  to  Longitudinal  Step 

Input  76 

5-14  System  Analog  Time  Histories  -  Response  to 

Vertical  Gust  77 

15  Geometry  and  Displacement  Diagram,  Lateral- 

Directional  89 

16  Basic  Helicopter  Response  to  Lateral  Step  Input  124 

17-26  System  Analog  Time  Histories  Response  to  Side 

Gust  125 

27  1  In.  Lateral  Step  Response  5°/In.  Aileron  135 

28,29  Loci  of  the  Roots  of  the  Characteristic  Equation  137 

30738  Wing  Angle,  Helicopter  Water  Line  vs.  Flap 

Deflection  140 

39  Lift  Coefficient  vs.  Angle  of  Attack  149 

40  Horsepower  vs.  Flap  Deflection  150 

41  Horsepower  vs.  Flap  Deflection  151 

42  Horsepower  vs.  Flap  Deflection  152 

43  Fuel  Flow  vs.  Brake  Horsepower  153 

44-47  Miles  Per  Pound  of  Fuel  vs.  Fuel  Weight  154 

48-49  Flight  Schedule  vs.  Fuel  Weight  158 

50-51  Miles  Per  Pound  of  Fuel  vs.  Fuel  Weight  160 

52-53  Horsepower  and  RPM  vs.  Fuel  Weight  162 


v 


LIST  OF  FIGURES  AND  TABLES  (Continued) 


Figure  Page 


54 

Longitudinal  Cyclic  Pitch 

vs.  Fuel  Weight 

164 

55,56 

Collective  Pitch  vs.  Fuel  Weight 

165 

57,58 

Longitudinal  Range  Extension  Analog  Computer 
Program 

174 

59,60 

Lateral-Directional  Range 
Computer  Program 

Extension  Analog 

176 

61 

Range  Extension  Recording 

-  Analog  Schematic 

178 

62 

Range  Extension  Schematic 

Block  Diagram 

179 

63 

Simulator  Controls,  Longitudinal  Stick, 

Lateral  Stick,  Rudder  Pedals 

180 

64 

Simulator  Instruments 

181 

65 

Simulator  Instruments  (Cont'd) 

182 

Table 


1 

Table  of  Configurations 

63 

2-12 

Tables  of  Numerical  Coefficients 

64 

13 

Summary  of  Roots  of  Longitudinal  Characteristic 
Equations 

75 

14 

Table  of  Maximum  Wing  Deflections 

87 

15 

Table  of  Configurations 

111 

16-26 

Tables  of  Numerical  Coefficients 

112 

27 

Summary  of  Roots  of  Lateral  Directional 
Characteristic  Equations 

123 

28 

Table  of  Maximum  Wing  Deflection 

136 

29-32 

Tables  of  Specific  Range  as  a  Function  of  Cruise 
Speed  and  Aircraft  Geometry 

167 

vi 

LIST  OF  FIGURES  AND  TABLES  (Continued) 


Table  Page 

33  Summary  of  Range  and  Take-off  Gross  Weight 

for  Various  Configurations  171 

34  Summary  of  Take-off  Procedures  and  Results  172 


vii 


V.  .  '  ■ 


■J 


LIST  OF  SYMBOLS 


a/L 

o 

& 


& 

r 


O..C, 

M 

c. 

C/ 

z 


Section  Zero  Lift  Angle 
True  Angular  Wing  Displacement 
Inboard  Flap  Deflection  Angle 
Outboard  Flap  Deflection  Angle 

Included  Angle  between  Chord  Line  and  Hinge  Line 

Helicopter  Pitch  Angle  Referenced  to  Horizontal  X  Axis 

Ratio  of  Pitching  Moment  Coefficient  to  Lift  Coefficient 
Generated  by  Flap  Deflection 

Mass  Density  of  Air 

Spanwise  Static  Weight  Moment  about  the  Chord  Line 
Intersecting  the  Hinge  Line  at  the  Quarter  Chord 

Chordwise  Static  Weight  Moment  about  the  Quarter 
Chord  Line 

Helicopter  Roll  Angle 
Helicopter  Yaw  Angle 
Wing  Lift  Curve  Slope 
Wing  Aerodynamic  Center 
Wing  Aspect  Ratio 
Geometric  Mean  Chord 

Increment  in  Profile  Drag  due  to  Geared  Inboard  Flap 
Increment  in  Profile  Drag  due  to  Geared  Outboard  Flap 
Total  Profile  Drag  Coefficient 
Section  Steady  State  Drag  Coefficient 

viii 


LIST  OF  SYMBOLS  (Continued) 


V 

% 

e 


Rate  of  Change  Section  Drag  due  to  Geared  Flap 

Flap  Chord 

Wing  Quarter  Chord 

Section  Steady  State  Lift  Coefficient 

Rate  of  Change  of  Pitching  Moment  Coefficient 
with  Angle  of  Attack 

Coefficient  of  Pitching  Moment  about  the  Wing 
Aerodynamic  Center 

Total  Drag  of  One  Wing 

Section  Drag 

Wing  Hinge  Offset  Measured  at  Section  Center-of-Gravity 

Wing  Incidence  Angle  Measured  at  Intersection  of 
Chord  Line  and  Fuselage  Water  Line 


Mass  Moment  of  Inertia  about  the  Wing  Chord  Line 
which  Intersects  the  Hinge  Line 


Mass  Moment  of  Inertia  Taken  about  the  Wing  Line 
of  Aerodynamic  Centers 


Mass  Product  of  Inertia  Taken  about  the  Same  Axes 
as  Zt  and  were  taken 


Mass  Moment  of  Inertia  about  the  Wing  Hinge 

Moment  of  Inertia  about  Unskewed  Hinge  +  (First 
Moment  about  Same  Axis) 


7 y  Total  Roll  Moment  of  Inertia  of  Rigid  System 
Helicopter  Pitch  Moment  of  Inertia 
Total  Yaw  Moment  of  Inertia  of  Rigid  System 


IX 


LIST  OF  SYMBOLS  (Continued) 


K  Induced  Drag  Factor 

Increment  in  Lift  Due  to  Geared  Inboard  Flap 

Increment  in  Lift  Due  to  Geared  Outboard  Flap 

n  Longitudinal  Displacement  of  Wing  Quarter  Chord 
1  with  Reference  to  Helicopter  Center-of-Gravity 


Vertical  Displacement  of  Wing  Quarter  Chord 
Beneath  Helicopter  Center-of-Gravity 


Total  Lift  of  One  Wing 

Rolling  Moment  Derivative 
Flapping  Angle 

Rolling  Moment  Derivative 
Flapping  Velocity 

Rolling  Moment  Derivative 

Rolling  Moment  Derivative 

Rolling  Moment  Derivative 
Velocity 


with  Respect  to  Wing 

with  Respect  to  Wing 

with  Respect  to  Roll  Rate 
with  Respect  to  Yaw  Rate 
with  Respect  to  Lateral 


Lj,  Wing  Section  Lift 

^  Hinge  Moment  Derivative  with  Respect  to  Wing 
Flapping  Angle 

^/\ .  Hinge  Moment  Derivative  with  Respect  to  Wing 
'  Flapping  Velocity 

► 

Hinge  Moment  Derivative  with  Respect  to  Roll  Rate 

/v^  Hinge  Moment  Derivative  with  Respect  to  Yaw  Rate 

^  Pitching  Moment  Derivative  with  Respect  to  Pitch 
Angle  (Fuselage  Rotor  Contribution) 


,  Pitching  Moment  Derivative  with  Respect 
Rate  (Fuselage  Rotor  Contribution) 


to  Pitch 


x 


LIST  OF  SYMBOLS  (Continued) 


M 


*XH 

/*H 

Mji 

Mw 


A 

T 


V 

V> 


Pitching  Moment  Derivative  with  Respect  to  Vertical 
Velocity  (Fuselage  Rotor  Contribution) 

Pitching  Moment  Derivative  with  Respect  to 
Longitudinal  Velocity  (Fuselage  Rotor  Contribution) 

Mass  of  Helicopter  Only 

Wing  Section  Pitching  Moment 

Mass  of  One  Wing 

Yawing  Moment  Derivative  with  Respect  to  Wing 
Flapping  Angle 

Yawing  Moment  Derivative  with  Respect  to  Wing 
Flapping  Velocity 

Yawing  Moment  Derivative  with  Respect  to  Roll  Rate 

Yawing  Moment  Derivative  with  Respect  to  Yaw  Rate 

Yawing  Moment.  Derivative  with  Respect  to  Lateral 

Velocity 

Generalized  Coordinate 

Virtual  Work  Terms  Corresponding  to  the  Generalized 
Coordinates 

Wing  Area  of  Inboard  Section 
Wing  Area  of  Outboard  Section 
Total  Kinetic  Energy  of  System 
Total  Potential  Energy  of  System 
Trim  Forward  Velocity 

Longitudinal  Displacement  Derivative  with  Respect  to 
Pitch  Angle  (Fuselage-Rotor  Contribution) 


xi 


LIST  OF  SYMBOLS  (Continued) 


Longitudinal  Displacement  Derivative  with  Respect  to 
Pitch  Rate  (Fuselage-Rotor  Contribution) 


^  Longitudinal  Displacement  Derivative  with  Respect  to 

Longitudinal  Velocity  (Fuselage-Rotor  Contribution) 

^ .  Longitudinal  Displacement  Derivative  with  Respect  to 
Vertical  Velocity  (Fuselage-Rotor  Contribution) 

Displacement  of  Center  of  Lift  of  Inboard  Section  from 
X t  Intersection  of  Line  of  Aerodynamic  Centers  and  Hinge 
Line 


Displacement  of  Center  of  Lift  of  Outboard  Section  from 
Intersection  of  Line  of  Aerodynamic  Centers  and  Hinge 
Line 


y  Lateral  Displacement  Derivative  with  Respect  to 

r  Lateral  Velocity 

y  Chordwise  Displacement  of  the  Center  of  Lift  of  the 

‘  Inboard  Section  from  the  Line  of  Aerodynamic  Centers 

y  Chordwise  Displacement  of  the  Center  of  Lift  of  the 

'i.  Outboard  Section  from  the  Line  of  Aerodynamic  Centers 

Vertical  Displacement  Derivative  with  Respect  to  Pitch 

Angle  (Fuselage  Rotor  Contribution) 

Vertical  Displacement  Derivative  with  Respect  to  Pitch 
»//  Rate  (Fuselage  Rotor  Contribution) 

-f  .  Vertical  Displacement  Derivative  with  Respect  to  Pitch 
a//  Longitudinal  Velocity  (Fuselage  Rotor  Contribution) 

_  Vertical  Displacement  Derivative  with  Respect  to  Vertical 
lyy  Velocity  (Fuselage  Rotor  Contribution) 


xii 


wtaUatjmtfi  ft-*-1  nr  yirifcii 


SUMMARY 


This  report  describes  an  analytical  investigation  of  the  stability 
and  performance  of  a  Boeing-Vertol  H-21  tandem  rotor  helicopter 
equipped  with  floating  wing  fuel  cells  as  a  means  of  ferry  range 
extension.  The  wings  are  hinged  close  to  the  root,  and  are  in 
equilibrium  under  the  steady-state  aerodynamic  and  gravity  forces, 
minimizing  the  root  shear  force  and  bending  moments  taken  out  at 
the  attachment  points. 

The  stability  of  the  total  system  was  studied  with  the  wing  located 
forward  and  directly  under  the  helicopter  center-of-gravity  (eg) . 

Two  methods  of  stabilizing  the  wing  oscillations  about  the  hinge 
were  studied:  (a)  a  skewed  hinge  line,  introducing  a  change  in 
angle  of  attack  as  a  function  of  the  flapping  disturbance,  and  (b) 
a  geared  trailing  edge  flap,  mechanically  linked  to  deflect  when 
the  wing  flaps. 

Satisfactory  stability  was  obtained  with  the  wing  positioned 
directly  beneath  the  helicopter  eg,  using  an  unskewed  hinge  line, 
and  geared  flaps .  The  forward  wing  location  was  found  to  be  un¬ 
satisfactory  from  the  standpoint  of  longitudinal  stability  for  the 
light  wing  case. 

Performance  studies  indicate  that  the  aft  wing  position,  as  deter¬ 
mined  by  stability  criteria,  is  detrimental  to  the  range.  In  order 
to  insure  a  2000  mile  ferry  range  with  the  wing  in  a  position  to 
satisfy  the  stability  requirements,  the  wing  incidence  relative 
to  the  helicopter  was  allowed  to  vary  throughout  the  flight.  Further 
studies  will  be  conducted  to  determine  the  best  compromise  from 
both  stability  and  overall  performance  considerations. 

Flight  simulator  studies  emphasize  the  need  for  additional  lateral 
control  to  supplement  that  produced  by  the  basic  aircraft.  It  was 
found  that  full  span,  differential  ailerons  with  deflections  of 
2-1/2  degrees  per  inch  of  stick  provide  satisfactory  roll  control 
and  wing  flapping  angles. 

The  present  floating  wing  has  an  aspect  ratio  of  8  and  a  span  of 
72  feet.  The  constant  chord  wing  uses  an  NACA  4418  section.  The 
maximum  take-off  weight  of  the  system  is  25,900  pounds,  of  which 
14,800  pounds  is  fuel  carried  in  the  wings.  At  this  weight  and 
with  the  wing  in  the  aft  position  the  ferry  range  is  1975  nautical 
miles  (n.mi.)  . 
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SUMMARY  (Continued) 


A  forward  wing  position  would  increase  the  air  miles  per  gallon 
and  permit  an  increase  in  the  take-off  weight  to  27,100  pounds, 
with  a  resulting  range  of  2400  n.  mi. 
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CONCLUSIONS  AND  RECOMMENDATIONS 


The  results  of  th?  present  analysis  indicate  that  the  ferry  range 
of  a  tandem  rotor  helicopter  can  be  extended  by  the  use  of  float¬ 
ing  wing  fuel  cells.  A  configuration  can  be  derived  that  has 
acceptable  stability  in  cruising  flight,  at  all  weights. 

Further  work  is  necessary  to  refine  the  lateral-directional  analysis 
to  include  the  non-linear  dihedral  effect,  and  the  work  on  both  the 
lateral-directional  and  longitudinal  stability  should  be  extended 
to  cover  flight  speeds  below  the  cruise,  down  to  minimum  flying 
speed. 

A  conflict  exists  between  wing  position  requirements  for  best 
stability  on  one  hand,  and  optimum  performance  on  the  other. 
Longitudinal  stability  requires  that  the  wing  be  situated  near  the 
eg  and  for  maximum  range  it  should  be  as  far  forward  as  possible  to 
avoid  rotor  downwash.  The  existing  analysis  considers  two  wing 
positions  -  one  in  which  the  aerodynamic  center  is  14  feet  ahead  of 
the  basic  helicopter  eg,  the  other  in  which  the  aerodynamic  center 
is  directly  below  the  eg.  It  should  be  noted  that  the  criterion 
of  2000  miles  range  was  satisfied  with  the-wing  in  the  aft  position 
only  by  allowing  the  wing  incidence  to  vary  throughout  the  flight. 
Further  work  will  be  done  to  optimize  wing  position,  such  that 
satisfactory  longitudinal  stability  characteristics  combined  with 
minimum  performance  penalties  may  be  achieved. 

Flight  simulator  studies  indicate  that  lateral  control  must  be 
supplemented  with  full  span  differential  ailerons  having  a  gearing 
of  2-1/2  degrees  per  inch  of  lateral  stick  movement. 

Performance  calculations  show  that  ferry  range  capabilities  diminish 
as  the  wing  is  moved  to  the  aft  position.  Maximum  take-off  weight, 
based  on  available  take-off  power,  is  decreased  from  27,100  pounds 
to  25,900  pounds,  and  the  range  is  reduced  from  2400  n.  mi.  to 
1975  n.  mi. 
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INTRODUCTION 


The  normal  mission  range  of  the  modern  helicopter  is  400  n.mi.,  or 
less,  while  ideally,  to  achieve  full  global  mobility,  ferry  ranges 
of  2000n.  mi.  or  more  are  desired.  In  providing  this  range,  the 
basic  problem  is  to  increase  the  lift-drag  ratio  and/or  the  fuel 
weight:  empty  weight  ratio,  without  resorting  to  extensive  structural 
modifications  to  the  basic  helicopter.  While  many  research  programs 
are  today  exploring  high  performance  rotor  systems,  which  show 
promise  of  yielding  high  lift-drag  ratios,  present-day  helicopters 
exhibit  values  on  the  order  of  4:1. 

The  Army's  ferry  range  problem  is  concerned  with  present-day  heli¬ 
copters,  in  which  no  large  improvements  in  lift  drag  ratio  may  be 
expected,  so  the  alternative  is  to  consider  means  of  increasing  the 
effective  fuel-weight  ratio.  This  must  be  achieved  without  drastic 
modification  to  the  structure,  or  undue  increase  in  the  drag. 
Supplementary  internal  fuel  tanks  do  not  increase  the  range  sufficient¬ 
ly;  there  is  a  prohibitive  performance  penalty  resulting  from  the 
much  increased  rotor  disc  loading,  and  considerable  internal  modi¬ 
fication  is  necessary  to  install  them. 

To  be  acceptable,  any  range  extension  system  must  meet  the  following 
basic  criteria: 

1.  To  be  usable  as  a  retro-fit  item  on  existing  helicopters, 
with  a  minimum  increase  in  basic  helicopter  empty  weight, 
it  must  entail  the  minimum  of  structural  modification. 

2.  There  must  be  no  adverse  effect  on  the  stability  of  the 
aircraft  at  any  weight. 

3.  Adequate  control  must  be  available  at  all  flight  speeds 
and  weights . 

4.  To  justify  the  development  of  the  system,  it  must  yield 
ultimate  ferry  ranges  of  2000  n.  mi.  or  better. 

The  floating  wing  fuel  cell  has  been  proposed  as  the  most  promising 
method  of  carrying  the  additional  fuel  without  incurring  severe  drag 
and  weight  penalties.  The  supplementary  tankage  is  fitted  to  the 
helicopter  in  the  form  of  a  pair  of  floating  wings  that  are  free  to 
move  vertically  about  hinges  placed  close  inboard.  The  equilibrium 
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condition  for  the  wing  in  steady  flight  occurs  when  the  static 
moments  of  lift  and  weight  about  the  hinge  are  equal  and  opposite. 

In  such  a  condition,  the  resultant  vertical  shear  force  at  the 
hinge  is  very  small,  and  the  additional  power  required  is  a 
minimum,  being  just  that  necessary  to  overcame  the  wing  drag  and  the 
wing-rotor  interference  drag.  Thus  the  disc  loading  is  not  greatly 
increased,  even  though  the  weight  of  the  system  may  be  more  than 
double  that  of  a  standard  helicopter. 

The  problems  to  be  dealt  with  in  the  design  of  the  proposed  range 
extension  system  can  conveniently  be  discussed  under  the  following 
four  headings  : 

1.  Overall  system  stability 

2.  Wing  stability 

3 .  Control 

4 .  Performance 
OVERALL  SYSTEM  STABILITY; 

The  overall  stability  must  be  at  least  as  good  as  that  of  the  basic 
aircraft  at  all  weights  and  speeds.  There  is  a  large  separation 
between  the  maximum  and  minimum  flying  weights,  and  most  of  the 
fuel  is  to  be  carried  in  the  wings,  in  the  interests  of  achieving 
the  best  lift/drag  ratio.  Consequently,  the  moments  of  inertia, 
both  of  the  systems  as  a  whole  and  of  the  wing  about  it's  hinge, 
change  markedly  during  the  mission.  Because  of  this  wide  variation 
in  important  system  parameters  it  is  difficult  to  achieve  satis¬ 
factory  stability  in  all  flight  regimes.  The  longitudinal  stability 
is  more  sensitive  to  changes  in  weight,  and  to  fore  and  aft  location 
of  the  wing,  and  the  final  configuration  will  be  a  compromise  be¬ 
tween  the  requirements  of  range  and  longitudinal  stability. 

WING  STABILITY: 

The  empty  wing  moment  of  inertia  is  approximately  one  seventh  of 
the  fully  loaded  value.  The  aerodynamic  forces  are  thus  much 
greater  in  relation  to  the  inertia  forces  when  the  system  is  at  the 


5 


INTRODUCTION  (Continued) 


minimum  flying  weight.  The  problem  is  to  select  suitable  wing  damping 
and  aerodynamic  stiffness  so  that  wing  deflections  do  not  at  any  time 
exceed  15  degrees.  Upward  deflections  are  critical,  from  con¬ 
siderations  of  rotor  clearance,  but  aside  from  this,  the  problems 
of  designing  the  hinge  and  the  associated  connections  increase  as 
increasingly  larger  deflections  are  permitted.  Two  simple  methods 
of  stabilizing  and  controlling  the  floating  wing  are  available: 

1  •  Skewed  Hinge 


The  hinge  lies  along  some  line  skewed  relative  to  the  chord, 
in  such  a  manner  that  as  the  wing  floats  up,  the  angle  of 
attack  is  reduced,  thus  providing  restoring  moments.  The 
disadvantave  of  this  method  is  that  the  aerodynamic  damping 
about  the  hinge  is  reduced  as  the  stiffness  increases,  as 
shown  below: 


/e 


Effective  flapping 
radius  =  R 


Effective  flapping 
radius  =  R  cos^5 


2 .  Geared  Trailing  Edge  Flaps 

The  flaps  are  mechanically  linked  to  the  wing  to  move  as 
a  function  of  wing  flapping  angle.  By  the  use  of 
differentially  geared  flaps  (i.e.  outboard  flaps  moving 
up,  inboard  down,  as  the  wing  flaps  up)  and  the  judicious 
selection  of  gear  ratio,  a  wide  range  of  aerodynamic 
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stiffness  can  be  obtained,  together  with  some  degree  of 
control  over  the  resultant  shear  loads  at  the  hinge. 
Further,  there  is  no  loss  of  damping  about  the  wing  hinge 
by  this  method. 


CONTROL ; 

The  rolling  moment  of  inertia  of  a  helicopter  is  usually  low,  but 
with  the  addition  of  large  span  wings,  each  holding  7000  pounds  of 
fuel,  it  becomes  large,  and  the  roll  control  power  suffers 
accordingly.  To  supplement  it,  it  is  proposed  to  use  the  flap 
panels  as  ailerons,  in  addition  to  their  function  of  stabilizing 
the  wing.  By  the  use  of  differential  collective  pitch,  the  tandem 
rotor  helicopter  has  more  than  adequate  pitch  control,  and  it  is 
not  anticipated  that  control  of  this  mode  will  present  any  serious 
problems  as  a  helicopter.  The  H-21  is  deficient  in  yaw  control 
sensitivity.  Addition  of  the  floating  fuel  wing  will  reduce  control 
sensitivity  by  a  factor  of  five.  However,  this  is  not  expected  to 
be  a  problem,  as  the  floating  wing  system  is  not  capable  of  hovering 
and  very  low  speed  flight,  which  is  the  regime  where  the  H-21  yaw 
control  deficiency  is  experienced. 

PERFORMANCE : 

The  location  of  the  wing  is  a  compromise  between  the  conflicting 
requirements  of  performance  and  stability.  To  obtain  optimum 
range,  the  wing  should  be  located  as  far  forward  as  possible,  to 
minimize  interference  drag  and  the  rearward  inclination  of  the  lift 
vector  produced  by  the  rotor  downwash  field.  For  the  same  reason, 
to  obtain  shortest  take-off  distances,  the  wing  should  be  located 
forward.  Because  of  the  much  increased  maximum  weight,  take-off  will 
be  power  limited,  and  range  suffers  on  two  counts  if  the  wing  is  not 
located  at  the  optimum  forward  position.  On  the  other  hand, 
longitudinal  stability  requires  that  the  wing  be  located  at  or  near 
the  basic  helicopter  eg. 
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DERIVATION  OF  EQUATIONS: 

The  system  being  analyzed  is  one  of  a  very  complex  nature.  The 
maximum  mass  ratio  of  the  flapping  fuel  wing  to  that  of  the  heli¬ 
copter  is  1.44  to  1.  This  will  give  rise  to  important  inertial 
coupling  terms.  The  Lagrange  Equation  of  Motion  for  generalized 
coordinates  is  a  completely  rigorous  analysis  which  is  well  suited 
to  the  solution  of  this  type  of  problem. 

The  Lagrange  Equation  yields  all  the  mass  and  inertial  terms  (Ref. 
App.  (A)  )  which  must  be  equated  to  the  external  forces  acting  on 
the  system.  The  forces  include  aerodynamic  forces  acting  on  the 
rotors,  fuselage  and  the  flapping  wings.  Those  forces  acting  on 
the  rotor  and  fuselage  were  obtained  from  existing  helicopter 
stability  analyses.  The  aerodynamic  forces  exerted  on  the  wing 
were  derived  by  the  principal  of  virtual  work  (Ref.  App.  (A)). 

Two  different  types  of  wing  stabilization  systems  were  investigated 
(i.e.  Jj  hinge  and  differentially  geared  trailing  edge  flaps) . 

Each  wing  was  considered  to  be  composed  of  two  separate  spanwise 
sections,  the  section  span  corresponding  to  the  differential  flap 
span.  The  lift  and  drag  were  computed  for  each  section  no  that 
changes  in  aerodynamic  forces  on  the  wing  could  be  readily  cal¬ 
culated  for  differential  flap  deflection.  The  lift  distribution 
for  the  inboard  section  was  assumed  to  be  rectangular  while  that 
for  the  outboard  section  was  assumed  to  be  elliptic.  The  final 
equations  shown  in  Appendix  (A)  are  completely  general  and  apply  to 
both  stability  systems. 

Assumptions : 

1.  Since  the  mass  properties  and  aerodynamic  characteristics 
of  each  wing  are  similar,  then  the  flapping  motions  will 
be  identical  and  one  equation  will  describe  the  motion. 

2.  Small  angle  assumptions  and  linearization  are  applied 
only  to  the  final  set  of  equations. 

3.  Initial  pitch  angle  (  )  and  wing  flap  angle 

are  assumed  to  be  small  and  are  excluded  from  the  analysis. 
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ANALYTIC  SOLUTION  OF  EQUATIONS: 

A  very  effective  engineering  tool  is  the  root  solution  of  the 
characteristic  equation.  The  roots  not  only  yield  periods  and 
time  to  double  or  half  amplitudes  but  serve  as  a  cross  check 
for  analog  time  histories. 

Given  a  set  of  four  linear  simultaneous  differential  equations 
in  four  unknowns,  the  solution  thereof  is  accomplished  by  arranging 
the  coefficients  of  the  variables  into  a  fourth  order  determinant 
having  quadratic  elements.  Expansion  of  the  determinant  yields 
a  sixth  order  polynomial  which  is  then  solved  for  the  roots. 

In  order  to  determine  trends  for  several  configurations,  the  roots 
of  the  corresponding  characteristic  equations  can  be  presented  on 
root  locus  plots  (Ref.  Appendix  (B)),  where  horizontal  lines  in¬ 
dicate  constant  frequency  and  vertical  lines  indicate  time  to  half 
or  double  amplitude.  The  roots  may  indicate  four  types  of  response: 

1.  Complex  roots  where  the  sign  of  the  real  part  is 
positive  indicate  a  divergent  oscillation  (A  +  Bi)  . 

2.  Complex  roots  where  the  sign  of  the  real  part  is 
negative  indicate  a  damped  oscillation  (-A  +  Bi) . 

3.  A  positive  real  root  indicates  a  non-oscillatory 
divergence . 

4.  A  negative  real  root  indicates  a  non-oscillatory 
convergence . 

RESULTS  OF  LONGITUDINAL  ANALYSIS: 

Throughout  the  longitudinal  investigation,  all  cases  were  judged 
on  the  basis  of  the  system  response  to  a  30  ft/sec  (fps)  vertical 
gust,  and  the  stability  characteristics  compared  with  those  of 
the  basic  helicopter. 

The  results  of  the  analysis  indicate  that  to  satisfy  stability 
criteria,  a  zero  o£  hinged  wing  stabilized  with  differential 
trailing  edge  flaps  set  at  a  ±2  deg/deg  gearing  ratio,  must  be 
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located  directly  beneath  the  basic  helicopter  eg.  Cases  21  and 
26  are  the  light  and  heavy  wing  cases  corresponding  to  the  above 
description . 

With  the  wing  located  in  this  position,  flap  gearing  ratios  of 
+3  and  +1  (Cases  25  and  27  -  heavy  wing,  Cases  20  and  22  -  light 
wing)  were  also  investigated.  Examination  of  the  three  light  wing 
configurations  shows  all  cases  exhibit  highly  damped  oscillations. 
The  roots  of  the  characteristic  equations  as  well  as  analog  time 
histories  indicate  minor  variations  in  both  period  and  damping. 
Similar  responses  exhibited  are  high  frequency  wing  modes  (avg. 
period  =  1.5  sec)  damped  to  half  amplitude  in  .39  seconds,  super¬ 
imposed  on  a  long  period  (2  3  sec)  mode.  This  long  period  is  common 
to  both  wing  and  pitch  responses.  Both  angles  are  comparatively 
small. 

i 

In  order  to  avoid  wing-rotor  interference,  wing  flap  angles  must 
be  .25  radian  or  less;  therefore,  this  criterion  becomes  critical 
with  the  light  wing  configuration.  Intuitive  reasoning  suggests 
that  in  response  to  a  30  ft/sec  vertical  gust,  the  empty  fuel  wings 
will  immediately  flap  up.  This  is  found  to  be  true  by  the 
following  analytical  study. 

If  the  system  is  disturbed  by  a  30  ft/sec  vertical  gust,  the 
vertical  accelerations  of  the  helicopter  and  the  wing  viewed 
separately  may  be  calculated  as  follows; 


(  A* 

) 

=  .222  rad 

(  id 

}hel 

=  -33000 

lb/rad 

( ** 

^  wing 

=  -46000 

lb/rad 

Therefore,  the  resulting  forces  will  be; 

hel  =  -7300  pounds 
wing  =  -10200  pounds 
Mass^ei  =  344.7  slugs 
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MasswingS  =  497  slugs  (heavy)  and  62  slugs  (light) 

Hel.Acc.  =  — 7  —  =2.12  ft/sec2 
344.7 

Wing  Acc.  (heavy)  =  ~~ — =  20.5  ft/sec^ 

Since  both  initial  accelerations  of  the  wing  and  helicopter  are 
nearly  equal,  initial  down  wing  flap  angles  should  be  small.  How¬ 
ever  : 


10200  ,  2 

Wing  Acc.  (light)  =  — =  165  ft/sec 

With  the  high  accelerations  of  the  empty  wing  compared  to  those  of 
the  helicopter,  it  is  probable  that  large  initial  wing  flap  angles 
will  result. 

Based  on  this  wing-rotor  interference  criterion,  the  minimum  gearing 
ratio  is  +2  deg/deg  which  shows  an  initial  flapping  excursion  of  .25 
radians . 

Examination  of  Cases  25,  26  and  27  shows,  again,  very  little  change 
in  either  period  or  damping  between  all  three  cases.  Wing  flap 
angles  are  small  (less  than  .1  rad)  and  mildly  divergent.  Pitch 
angles  are  fairly  large  with  12  second  periods  and  double  amplitude 
in  6.4  seconds.  Maximum  amplitude  after  four  seconds  is  .5  radian. 
However,  sufficient  control  power  is  available  to  make  the  system 
f lyable . 

Both  the  hinged  wing  and  the  differential  trailing  edge  geared 

flap  wing  located  in  the  forward  position  (wing  a.c.  14  ft  fwd  of  hel. 
eg.)  were  analyzed  and  found  to  be  not  feasible.  Looking  at  the 
two  configurations  individually,  the  o Pj  hinged  system  exhibited 
static  lateral  instability.  The  longitudinal  response  of  the  hinge 
indicated  dynamic  instability  with  a  16.6  second  period  and  doubled 
amplitude  in  2.5  seconds. 

The  effect  of  increasing  the  spring  stiffness  (zero  — ^45°  ) 

resulted  in  increasing  the  period  and  decreasing  the  time  to  double 
amplitude.  Thus  the  configuration  approaches  that  of  a  fixed  wing 
aircraft  with  the  wing  located  far  forward  of  the  eg.  The  dis¬ 
advantage  of  the  skewed  hinge  lies  in  the  adverse  effects  on  the 
wing  root  shear  loads.  For  example,  as  the  helicopter  pitches  nose 
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up  in  response  to  a  vertical  gust,  the  heavy  wing  initially  flaps 
downward,  thus  increasing  the  angle  of  attack.  This  results  in  a 
net  up  shear  load  at  the  hinge  which  increases  the  nose  up  pitching 
moments  and  tends  to  pitch  the  aircraft  more  nose  up. 

The  alternative  wing  stabilization  system  (differentially  geared 
flaps)  was  investigated  with  the  wing  located  in  the  same  forward 
position. 

The  system  response  to  a  30  fps  gust  indicates  that  a  gearing  ratio 
of  1  deg/deg  yields  an  aerodynamic  spring  with  sufficient  stiffness 
to  keep  wing  flapping  excursions  acceptably  small.  However,  large 
pitching  motions  are  also  recorded.  (See  Figure  7) 

With  fully  loaded  fuel  tanks,  the  system  appeared  to  be  acceptable 
both  longitudinally  and  from  a  lateral-directional  standpoint.  For 
this  configuration,  the  empty  tanks  case  exhibited  longitudinal 
static  instability  with  .75  second  to  double  amplitude. 

Comparison  of  the  incremental  lift  acting  on  the  fuel  wing  with  full 
and  empty  tanks  shows  that  in  response  to  a  30  fps  gust,  the  increment 
in  lift  is  70%  of  the  steady  lift  for  the  fully  loaded  wing  and  500% 
of  the  steady  lift  for  the  empty  wing.  Therefore,  initial  wing  flap 
angles  and  accelerations  are  quite  large  for  the  empty  wing  case. 

This  effect,  coupled  with  the  fact  that  the  pitch  inertia  of  the 
system  is  reduced  by  a  factor  of  2,  induces  high  pitch  accelerations 
which  destabilize  the  system. 

In  summary,  longitudinal  stability  characteristics  dictate  that  the 
fuel  wing  be  hinged  with  zero  c/3  ,  directly  beneath  the  helicopter 

eg  using  a  flap  gearing  ratio  of  +2  deg/deg. 
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DERIVATION  OF  EQUATIONS: 

The  application  of  Lagrange's  Equations  to  the  lateral-directional 
mode  is  prohibitively  long  and  laborious,  approximately  four  times 
as  much  work  being  required  as  compared  with  the  longitudinal  case. 
Consequently,  a  simpler  and  less  time-consuming  method,  yielding 
acceptable  accuracy,  was  used.  The  method  is  based  on  an  initial 
assumption  of  small  perturbations  and  the  existence  of  the  following 
four  modes : 

1.  Roll  of  the  system  treated  as  a  rigid  body  about  the 
compound  center-of-gravity . 

2.  Rigid  yaw  of  the  system  about  the  compound  center-of- 
gravity. 

3.  Rigid  lateral  translation  of  the  system. 

4.  Flapping  of  the  wing  about  the  hinge. 

Linearized  expressions,  in  terms  of  small  disturbances  in  the  roll, 
yaw,  sideslip  and  flapping  modes,  which  were  derived,  enabled  the 
calculation  of  lift,  drag  and  pitching  moment  to  be  made  at  a  general 
spanwise  wing  station.  The  forces  and  moments,  when  integrated  over 
the  span,  yield  the  conventional  fixed  wing  lateral  and  directional 
aerodynamic  stability  derivatives,  and,  in  addition,  include  the 
effect  of  the  flapping  freedom  on  the  aircraft  motion. 

Assumptions : 

To  keep  the  equations  of  motion  and  the  calculation  of  the 
stability  derivatives  from  becoming  too  lengthy,  the  follow¬ 
ing  assumptions  were  considered  justified: 

1.  The  motion  is  anti-symmetric  about  the  aircraft  plane 
of  symmetry. 

2.  The  initial  flapping  angle  is  zero. 

3.  The  angle  between  the  aircraft  principal  axis  and  the 
flight  path  is  small . 
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The  first  two  assumptions  exclude  the  possibility  of  investigating 
the  non-linear  dihedral  effect  that  occurs  in  a  sideslip  when  the 
initial  flapping  angle  is  not  zero.  It  is  considered  that  this  is 
potentially  the  most  restrictive  assumption  in  this  analysis,  and 
that  in  any  refinement  of  the  method,  it  should  be  eliminated. 

The  inertial  terms,  forming  the  left  hand  side  of  the  final 
equations  of  motion  form  a  symmetric  matrix,  from  which  the 
product  of  inertia  terms  are  excluded  by  Assumption  3. 

Fuselage,  Tail  and  Rotor  Contributions  to  Stability; 

The  basic  helicopter  contributions  to  the  stability  derivatives 
were  obtained  from: 

1.  Flight  test  and  wind  tunnel  (for  the  fuselage  and  tail). 

2.  Rigid  rotor  stability  analysis. 

Representation  of  Geared  Flap: 

The  assumption  was  made  that  the  geared  flap  contributes  only  to 
the  aerodynamic  spring  stiffness  and  makes  no  contribution  to 
aerodynamic  damping.  The  effect  of  the  flap  can,  therefore,  be 
represented  by: 

1.  A  change  in  the  effective  lift  curve  slope. 

2.  An  increment  in  the  section  drag  coefficient,  varying 
linearly  with  the  wing  flapping  angle. 

3.  An  increment  in  the  section  pitching  moment  coefficient, 
varying  linearly  with  the  wing  flapping  angle. 

Displacement  Equations : 

A  right-handed  axis  system  is  used,  having  the  origin  at  the 
compound  eg,  with  the  X  axis  positive  forward,  the  Y  axis  positive 
to  the  right  and  the  Z  axis  positive  down.  Positive  rotations  are 
clockwise  when  looking  in  the  positive  directions.  Positive  wing 
flapping  is  right  wing  down,  i.e.,  in  the  same  sense  as  positive 
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roll.  Since  the  motion  is  assumed  to  be  anti- symmetric ,  only 
the  right  half  of  the  helicopter  plus  wing  need  be  considered. 

RESULTS  OF  LATERAL-DIRECTIONAL  ANALYSIS: 

The  time  histories  for  Cases  12  and  1  (Figure  17-18)  ,  and  others 
unpublished,  indicate  that  the  response  in  roll  to  a  side  gust 
becomes  more  divergent  as  o£  is  increased.  This  is  borne  out  by 
the  lateral-directional  stability  roots  in  Table  27.  For  zero  the 
unstable  oscillation  has  a  period  of  12.2  seconds,  and  takes  6.3 
seconds  to  double  amplitude.  When  ^  is  increased  to  45°,  the 
period  is  reduced  to  10.5  seconds  and  the  time  to  double  amplitude 
is  now  only  2.4  seconds.  This  divergence  is  the  basis  of  the  choice 
of  zero  ofj  ,  and  as  the  loss  of  damping  resulting  from  skewing  the 
hinge  is  so  large,  (it  varies  as  the  cosine  of  ^  )  ,  it  was  not 

considered  fruitful  to  pursue  this  approach  when  the  geared  flap 
provides  such  a  powerful  aerodynamic  spring. 

The  selection  of  fore-and-aft  location  is  primarily  dictated  by  the 
requirements  of  performance  and  longitudinal  stability,  since  it  is 
of  relatively  little  importance  to  the  lateral-directional  stability  - 
Cases  4  and  27  illustrate  the  effect  of  moving  the  wing  aft  at 
maximum  weight,  and  Cases  18  and  22  show  the  effect  for  the  empty 
wing  cases.  At  neither  weight  is  there  any  significant  change  in 
the  motion.  For  the  heavy  wing  (4  and  27,  flap  gearing  +1),  the 
only  changes  appear  in  the  second  and  third  roots  (Table  27)  .  The 
slowly  divergent  second  root  in  Case  4  becomes  very  lightly  damped, 
i.e.,  essentially  neutral  stability.  The  very  lightly  damped  long 
period  oscillation  corresponding  to  the  third  root  becomes  slowly 
divergent  (27  seconds  to  double  amplitude)  and  the  period  increases 
from  12.5  to  15.8  seconds.  Examination  of  the  analog  traces  for 
these  cases  shows  that  the  effect  of  the  changes  in  the  roots  is 
small . 

At  the  light  weight  (Cases  18  and  22),  the  changes  resulting  from 
moving  the  wing  aft  are  still  less  marked  -  only  the  third  root 
shows  any  changes  worth  commenting  on.  The  subsidence  corresponding 
to  this  root  becomes  more  rapid  -  taking  23  seconds  to  half 
amplitude,  compared  with  33.0  seconds  with  the  wing  in  the  forward 
position.  One  other  point  worth  mentioning  is  that  the  initial  swing 
of  is  approximately  halved  -2.0°  for  Case  22,  compared  with  3.4° 

for  Case  18. 
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LATERAL-DIRECTIONAL  ANALYSIS  (Continued) 


Selection  of  Flap  Gearing: 

The  differentially  geared  flap  is  a  powerful  method  of  modifying 
the  aerodynamic  spring  stiffness  and  resultant  shear  loads  at 
the  hinge,  without  sacrificing  the  damping.  When  the  wing  flaps 
up,  the  outboard  section  of  the  flap  deflects  up,  providing  the 
aerodynamic  stiffness,  while  the  inboard  section  deflects  down¬ 
wards,  countering  the  downward  shear  loads  generated  by  the  up¬ 
ward  deflected  outboard  flap.  This  increment  in  the  net  shear 
provides  a  stabilizing  rolling  moment  on  the  helicopter. 

Expressed  in  another  way,  consider  the  helicopter  in  steady  level 
flight,  with  the  wings  in  the  neutral  position.  Let  a  disturbance 
induce  a  rolling  velocity  to  the  right.  Due  to  its  own  inertia 
the  right  wing  eg  will  tend  to  stay  in  the  same  vertical  location, 
which  means  that  the  wing  relative  to  the  helicopter  will  flap  up. 
The  outboard  flap  panel  will  deflect  up,  inducing  a  downward 
flapping  hinge  moment,  and  shear  force^increasing  the  rate  of 
roll.  The  inboard  flap  panel  will  deflect  downwards,  inducing  a 
shear  force  that  reduces  the  rate  of  roll.  It  will  at  the  same 
time  slightly  reduce  the  aerodynamic  stiffness,  but  as  it  acts 
much  closer  to  the  wing  hinge  than  the  outboard  section,  it  is 
much  less  powerful  in  influencing  stiffness  than  in  modifying 
the  shear  loads. 

The  gearing  ratio  chosen  (defined  as  flap  deflection  per  unit 
wing  deflection)  should  be  as  low  as  possible  consistent  with 
acceptable  stability,  as  the  lift  generated  by  flap  deflection 
rapidly  becomes  non-linear.  The  flap  is  also  required  as  a 
high-lift  device  at  least  in  the  early  stages  of  a  ferry  flight, 
and  the  outboard  panels  at  least  will  be  required  to  serve  as 
roll  control. 

The  investigation  into  flap  gearing  ratio  is  covered  in  Cases 
20,  21  and  22  (light  wing)  and  25,  26  and  27  (heavy) .  In  all 
cases,  the  inboard  and  outboard  sections  move  differentially, 
at  gear  ratios  1,  2  and  3.  Examination  of  the  roots  and 
analog  traces  leads  us  to  conclude  that  there  is  little  to  be 
gained  by  increasing  the  flap  gearing  ratio  beyond  +1.  Taking 
the  light  wing  first,  we  note  that  as  the  flap  gearing  is  in¬ 
creased  from  1  to  3,  the  oscillatory  part  of  the  first  root 
remains  virtually  constant,  while  the  time  to  halve  amplitude 
increases  from  8.0  to  9.0  seconds.  The  only  other  root  affected 
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LATERAL-DIRECTIONAL  ANALYSIS  (Continued) 


is  the  other  oscillatory  root,  representing  a  very  fast 
highly  damped  mode.  The  period  is  reduced  from  1.5  seconds 
to  .7  second,  and  the  time  to  halve  amplitude  goes  from  .32 
to  .27  seconds. 

Similarly,  with  the  heavy  wing  (25,  26  and  27),  only  the 
oscillatory  roots  are  influenced  by  the  gearing.  The  long 
period  oscillation  is  mildly  divergent,  becoming  more  so  as 
the  gearing  is  increased  (21  seconds  to  double  amplitude  at 
the  +3  gearing,  29  seconds  for  +1)  and  the  period  remains 
virtually  unchanged.  The  short  period  highly  damped 
oscillation  changes  noticeably  in  period  -  going  from  3.48 
seconds  to  1.93  seconds,  and  the  time  to  halve  amplitude 
remains  nearly  unchanged  at  1.6  seconds. 

In  summary,  the  straight  hinge  was  chosen  because  of  the  rapid 
divergence  that  a  skewed  hinge  produced.  The  fore  and  aft 
position  is  relatively  unimportant  to  the  lateral-directional 
stability,  and  on  the  basis  of  cases  20-27,  there  is  little 
to  be  gained  by  increasing  the  flap  gearing  ratio  beyond  +1 
per  unit  wing  deflection. 
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FLIGHT  SIMULATOR  STUDY 


r 


The  investigation  up  to  this  point  was  concerned  primarily  with 
obtaining  a  wing-helicopter  configuration  that  would  satisfy 
stability  criteria.  Cases  21  and  26  fulfill  this  requirement. 

However,  high  roll  inertia  of  the  system  reduces  the  lateral  con¬ 
trol  sensitivity  by  a  factor  of  fifty  as  compared  to  the  basic 
helicopter?  in  order  to  bring  roll  control  up  to  an  acceptable 
level,  additional  means  of  control  power  in  the  form  of  ailerons 
are  considered  necessary.  To  aid  in  evaluating  the  control 
effectiveness,  flight  simulator  studies  were  made  to  compare 
lateral-directional  control  of  the  basic  helicopter  with  that  of 
the  wing-helicopter  combination  with  and  without  aileron  control. 

The  simulator  used  in  this  analysis  consists  of  a  mock-up  of 
approximately  one  half  of  the  YHC-1A  cockpit  area.  Forward 
visibility  through  the  windshield  is  approximately  the  same  as  it 
is  in  the  YHC-1A  aircraft.  Adjustable  control  throw  stops,  friction, 
and  force  gradients  are  provided.  Aircraft  flight  information  is 
presented  in  two  ways . 

1.  Voltmeters  with  modified  instrument  faces  (airspeed, 
rate  of  climb,  etc.)  have  been  inserted  in  place  of 
true  aircraft  instruments.  These  meters  are  arranged 
in  their  proper  location  on  an  instrument  panel  mockup. 

2.  A  servo-driven  color  transparency  is  projected  on  a 
screen  covering  the  pilots  entire  forward  windshield 
field  of  vision.  This  image,  which  represents  the 
horizon  and  ground  orientation,  moves  in  response  to 
computer  signals,  and  imparts  roll,  pitch  and  yawing 
motion  information  to  the  pilot. 

The  flight  program  was  set  up  as  follows  : 

The  test  pilot  flew  a  simulated  H-21  helicopter  to  familiarize 
himself  with  the  simulator  and  to  give  himself  a  base  case  with 
which  to  compare  the  wing-helicopter  combination.  Except  for  the 
fact  that  the  controls  seemed  a  bit  too  sensitive  to  the  pilot, 
simulator  response  compared  favorably  with  actual  helicopter 
characteristics.  The  original  intent  in  evaluating  the  wing- 
helicopter  combination  was  to  fly  the  longitudinal  case  and  lateral 
case  separately  and  once  the  pilot  familiarized  himself  with  each  mode. 
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FLIGHT  SIMULATOR  STUDY  (Continued) 


he  would  be  presented  with  the  coupled  longitudinal  lateral  system. 
However,  it  was  found  that  the  longitudinal  mode  was  very  simple  to 
fly  but  the  slide  presentation  was  very  poor  (jerky  motion)  such 
that  when  both  modes  were  coupled,  the  system  required  too  much 
concentration  on  the  pilot's  part  to  yield  any  useful  information. 
Therefore,  roll  yaw  characteristics  and  longitudinal  characteristics 
were  evaluated  separately. 

Test  pilot  comments  indicate  that  the  floating  wing-helicopter 
system  without  aileron  control  is  much  more  stable  than  the  basic 
helicopter.  However,  as  expected,  roll  control  was  noticeably 
more  sluggish.  Recovery  from  bank  angles  of  20  degrees  or  less 
was  possible  in  both  smooth  and  turbulent  air  (max  +10  fps  gust 
peaks) .  Yaw  control  was  adequate,  but  adverse  roll  effects  due  to 
pedal  displacement  were  not  noticeable.  Two  and  one  half  (2%) 
degrees  of  aileron  per  inch  of  stick  improved  the  roll  control 
considerably.  (This  aileron  gearing  increases  control  power  by  80%. ) 

Small-amplitude  short-period  oscillations  were  observed  in  both  the 
2*5°  and  5°  aileron  cases.  Only  those  of  the  5°  case  had  amplitudes 
large  enough  to  be  annoying  to  the  pilot.  Adequate  directional 
control  was  available  in  both  cases,  although  adverse  roll  effects 
were  still  present.  Although  the  5°  case  compares  favorably  with 
the  basic  helicopter  with  regard  to  roll  response,  the  2h°  case 
was  considered  to  be  an  acceptable  compromise  since  wing  flap  angles 
are  small.  It  is  also  desirable  to  keep  aileron  deflections  small, 
for  the  aileron  is  used  simultaneously  as  a  flap  and  as  a  wing 
stabilization  system. 

Lateral  stick  step  response  is  shown  in  Figure  27  with  5°  of 
aileron/in  to  show  the  effect  of  increased  control  power. 
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PERFORMANCE  ANALYSIS 


CRUISE ; 

The  method  of  analysis  used  to  calculate  the  range  of  the  helicopter¬ 
wing  configuration  involved  the  modification  of  longitudinal  trim 
equations  for  the  standard  helicopter.  This  analysis,  programmed 
on  a  digital  computer,  ineratively  determines  the  longitudinal 
characteristics  of  several  helicopter-wing  configurations  at  various 
equilibrium  conditions.  The  basic  helicopter  trim  analysis  was 
modified  by  accounting  for  the  interference  of  the  wing  on  the  rear 
rotor  and  calculating  an  equivalent  flat  plate  area  based  on  the 
following  items : 

1.  Induced  drag  of  the  wing  determined  by  CL; 

2 .  Interference  of  front  rotor  on  the  wing  in 
terms  of  a  corrected  induced  angle; 

3.  Profile  drag  of  the  wing  including  the  landing 
gear; 

4.  Profile  drag  of  the  flap. 

By  varying  the  profile  drag  of  the  flaps,  which  is  related  directly 
to  flap  deflection  at  different  wing  lifts,  the  helicopter  water  - 
line  angle  of  attack  was  determined,  as  shown  in  Figures  30  through 
38.  (NOTE;  All  figures  are  located  in  Appendix  C)  .  The  wing  trim 
angle  of  attack  was  calculated  by  using  Figure  39  (lift  coefficient 
versus  angle  of  attack) .  The  difference  between  the  helicopter 
waterline  and  wing  angle  represents  the  required  wing  incidence  for 
a  given  flap  deflection.  Figures  40,  41  and  42  present  power 
required  and  Figure  43  gives  the  fuel  flow  as  a  function  of  horsepower. 

The  following  sample  problem  is  presented  in  order  to  clarify  the 
procedure  used  in  the  performance  analysis: 

Given : 

wing  incidence  (  L„  )  =8.5° 

wing  lift  =  16,000  lb 

forward  speed  =  80  knots 
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PERFORMANCE  ANALYSIS  (Continued) 


Enter  Figure  37  and  find  point  where  the  delta  angle  between 
wing  and  waterline  is  8.5°  at  minimum  flap  deflection. 


Flap  deflection 

(  of 

) 

=  15° 

Wing  angle  of  attack 

(  ol*,  ) 

=  5.0° 

Waterline  angle 
(*w<_  ) 

of  attack 

=  -3.5° 

For  a  given  flap  deflection  of  15°  at  80  knots,  Figure  42 
yields  horsepower  required  of  1240  hp  and  fuel  flow  for  this 
sample  is  950  lb/hr  (Figure  43)  .  The  miles  per  pound  of  fuel 
is  calculated  by  dividing  the  forward  speed  by  the  fuel  flow 
which,  for  this  case,  is  .0842  miles  per  pound. 

TAKE-OFF: 

There  are  two  types  of  take-off  procedures  which  were  considered. 
The  first  method  is  to  accelerate  the  system  down  the  runway  at 
a  trim  attitude  associated  with  the  take-off  speed  and  when  the 
take-off  speed  is  reached,  the  system  will  break  ground.  The 
second  method  incorporates  the  procedure  where  the  helicopter's 
attitude  is  such  that  the  maximum  accelerating  force  is  in  the 
horizontal  direction.  When  the  take-off  speed  is  reached,  the 
helicopter-wing  configuration  is  rotated  to  the  trim  angle  and  the 
system  takes  off. 

The  "Hartman's  Analysis”  was  used  to  calculate  the  break  ground 
distance.  The  following  equation  was  solved  graphically  and  the 
distance  required  to  break  ground  was  obtained. 


O 


The  distances  to  climb  to  50  ft  is  dependent  upon  the  available 
excess  power  during  climb.  The  distance  to  make  a  steady  climb 
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PERFORMANCE  ANALYSIS  (Continued) 


from  ground  to  50  ft  is  added  directly  to  the  ground  run  to  obtain 
the  total  distance  over  a  50  ft  obstacle. 

RESULTS  OF  PERFORMANCE  STUDY: 


The  all-out  range  was  the  primary  area  of  investigation  based  on  the 
new  wing  configuration.  The  take-off  distances  and  control  positions 
are  also  studied  to  insure  that  the  wing  fuel  tank  docs  not  restrict 
the  helicopter's  operation  throughout  the  entire  flight. 

The  method  used  in  calculating  the  miles  per  pound  of  fuel  is  described 
in  the  performance  analysis  section.  Tables  29,  30  and  31  present  for 
a  variable  wing  incidence  the  flight  characteristics  for  various  wing 
lifts,  forward  speeds,  and  rpm's  for  the  wing  in  the  forward  position. 

The  criterion  for  choosing  a  given  trim  condition  is  maximum  miles 
per  pound  of  fuel.  Figure  44  presents  a  ferry  range  of  2400  n.mi. 
using  the  forward  positioned  wing  with  a  variable  incidence.  If  a 
range  of  only  2000  n.  mi.  is  desired,  the  aircraft  could  take-off  at 
a  wing  weight  of  12,100  pounds. 

A  constant  wing  incidence  is  desirable  from  a  design  aspect.  In 
studying  the  effect  it  might  have  on  range,  a  wing  incidence  of  8.5° 
was  selected  from  take-off  considerations  and  was  held  constant 
throughout  the  regime .  The  same  method  of  calculation  and  presentation 
was  performed  on  the  constant  wing  incidence  with  the  wing  in  the  forward 
position.  Table  32  presents  the  various  characteristics.  Note  that 
the  flap  deflection  changes  with  rpm  at  constant  wing  incidence. 

Figure  45  presents  the  all-out  range  of  2205  n.  mi.  for  the  constant 
wing  incidence  configuration.  The  take-off  wing  gross  weight  of 
13,700  pounds  is  also  shown  for  a  range  of  2  000  n.  mi. 

Figures  46  and  47  show  the  range  of  the  variable  and  constant  wing 
incidence  if  an  additional  profile  drag  increment  is  arbitrarily 
added  to  the  drag  calculated  with  the  wing  in  the  forward  position. 

The  flight  schedule  for  the  all-out  range  mission  for  both  variable 
and  constant  wing  incidence  is  presented  in  Figures  48  and  49. 

The  location  of  the  wing  on  the  helicopter  has  an  effect  on  the  range. 

If  the  wing  is  moved  to  the  most  aft  position,  that  is,  under  the 
rear  door,  the  front  rotor's  induced  angle  effect  on  the  wing  is 
increased  threefold  and  it's  related  effect  on  range  is  shown  in 
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Figures  50  and  51.  The  results  yield  an  all-out  range  of  1975  n.mi. 
for  a  variable  wing  incidence  and  1765  n.mi.  for  the  constant  wing 
incidence.  The  take-off  wing  gross  weight  is  reduced  to  14,800 
pounds  and  14,200  pounds  respectively  because  of  power  limitations. 

The  new  range  as  affected  by  wing  position  is  computed  by  determining 
the  power  required  for  the  drag  increase .  The  optimum  miles  per 
pound  for  the  aft  wing  position  is  calculated  at  the  same  forward 
speed  as  that  of  the  forward  wing  position  since  the  drag  increase 
due  to  moving  the  wing  to  the  most  aft  position  is  independent  of  the 
forward  speed.  The  helicopter  trim  angles  will  not  change  appreciably. 
Because  of  power  limits  at  2300  engine  rpm  for  the  9000  pound  lift 
condition,  the  engine  speed  had  to  be  increased  to  2500  rpm  for  the 
aft  wing  position.  The  horsepowers  presented  in  Figure  52  (variable 
wing  incidence)  and  Figure  53  (constant  wing  incidence)  show  the 
comparison  between  the  two  configurations.  The  configuration  with 
the  wing  in  the  most  aft  wing  position  reaches  a  power  limit  at  wing 
gross  weights  less  than  maximum;  hence,  an  additional  range  penalty 
must  be  paid  because  the  helicopter-wing  configuration  cannot  take 
off  at  a  maximum  gross  weight  of  16000  pounds.  Table  33  presents 
the  range  for  the  various  configurations  and  their  associated 
maximum  take-off  gross  weights. 

The  control  parameters  for  the  forward  wing  configuration  were 
studied  to  insure  that  the  control  margins  were  adequate.  The 
investigation  analyzing  the  effect  of  moving  the  wing  to  the  aft 
position  indicated  that  the  control  positions  will  not  change 
appreciabely  from  those  calculated  for  the  wing  in  the  forward 
position.  Figure  54  presents  the  required  longitudinal  cyclic  pitch 
versus  fuel  weight  for  both  variable  and  constant  wing  incidence. 
Collective  pitch  margin  was  sufficient  for  both  configurations  as 
shown  in  Figures  55  and  56. 

The  procedure  of  obtaining  take-off  distances  was  discussed  in  the 
"Method  of  Investigation"  section.  Table  34  presents  a  summary  of 
take-off  procedures  and  results. 
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DISPLACEMENT  DIAGRAM  FOR  LONGITUDINAL 
EQUATIONS  OF  MOTION 


FIG.  1 


*  a 


FIG.  2 


SIGN  CONVENTION 


The  Lagrange  equations  of  motion  for  generalized  coordinates 
is  stated  as  follows : 


4.  = 

2  1  Z  % 


Q 


* 


Where : 


Total  Kinetic  Energy  of  the  system 
Total  Potential  Energy  of  the  system 
Generalized  Coordinate 
Virtual  Work  Terms 


The  four  generalized  coordinates  of  this  system  are: 

©  Helicopter  Pitch  Angle 

Wing  Flapping  Angle  referred  to 
/&n  the  hinge 

^  Longitudinal  displacement  from  a 
fixed  earth  reference  point. 
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Vertical  displacement  from  a  fitted 
earth  reference  point. 


In  order  to  determine  the  total  kinetic  and  potential  energy 
of  the  system,  it  is  necessary  to  obtain  the  displacement  of 
all  component  parts  with  respect  to  some  reference  point. 

In  this  case  all  motion  is  referred,  to  primary  inertial  earth 
fixed  axes. 

Starting  with  axes  fixed  to  the  right  wing  as  shown  below: 


The  total  displacement  vector  is  obtained  by  rotating  and 
translating  axes  back  to  the  fixed  axis  system  as  follows. 
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(5)  Rotation  through  &  (6)  Translation  through  X  &  & 


The  final  components  of  the  displacement 
vector  of  any  particle  on  the  right  wing 
are : 


=  X  +  X,  Cos  S2  Cos 
“  y,  Sim^m  Sim  Cm,  Cos  o 
-  X,  Cos  ^  s  IV  llw  S*M  & 

0  3  Siw  © 


Cos  Q  ”  Yl  Co s  ^4  Cos^y,  Cos^ 
+  J2,  Cos  Q  ~  'i,  Suj  ?h  Cos  ^ 

+  y,  Cos  Sim  cw  Sim  £ 


y  =  x  co5?m  CoS  +  X,  S|M 
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Appropriate  substitution  of  the  following  variables 
yields  the  components  of  the  displacement  vector  for 
the  left  wing. 
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u 


2 


ft 


-  -2-u 


Calculating  the  kinetic  and  potential  energy 
AS  follows  - 


0 

Q 

S iv  0 

'  £  ai  r 


V 


Applying  the  Lagrange  equation  yields 
the  following  four  equations  of  motion 


£<a  (0 

0  $ 
9 

4*  /)  j  0  t  /Jj  2: 

4-  X  t  pw  4-  /4k  Ph  =  0 

£q  (*) 

e, 

01 

Q 

Ol 

4  /3j  @  f  B,  2. 

I  0 

t  64  A  4-  0^.  +  6(,  (L  =  O 

Ed  (?)  C,  0  +  c,  X  +  C,  -  Q  x 

<3  0 

Eg,  (*)  £>,  ©  +  Px°i  +  Pm  r  Gt  ^ 


Where : 


/f.  =  t  X,  Sin  A  X,  Cos  «lw  ^  A  f  «0 

/H 

+  ^  X3  CoS  eTj  S/^J^  Cos  Lx>/  4-  ^  ) 


Co  S  Jj  C«5  \  w  ^  SlN/  t- 


VAJ 


4-  I  ^  Sim  •'icT^  £  1  m  c  *;  4-  0  (  X,  $  1  *  ^  o  j  C<>  •  c , 


4-  ^  0^  Si%  Cos  Vj  c 


0  S  ^  w 


A2  -  -  <r3  Cos 

~  ^  -^a.  ~  <rx  s iaj  tw"] 


-  2s  ^  -^2  Cos  —  JTj  —  C“|  £oS  ^  S 


+•  6\  Ji 2  Si^Jj  biw  tw  +-  CTj  Ji,  Css  Costwu 
-^  |  o  /  w  c)  ^  Cs>st-w_J 

/4t  -  3k  3  $  i  w  *5^  ~  (T^  Cos  S ^ 


13,  =•  2  Cos<Tj  *“  Xi  Siw  Jj  +■  cr,  CosJ3  (A  cos< 


+  «■» 

Si  w  S»v  ~  Jl |  Cos  >-w 

6a  C  2  ^  Si  m  *»  w 

G”j,  SiwcT^  ~  <r,  Cos  cT^ 

(3^  ~  2.  Co  ^  csoj 

S,w  Jj  “  C~ |  Cos  ^"j 

^  5iw  v.w  | 

C*3  S  iw  J}  “  6”i  Cos  cT^ 

34 


&5  =  a  SiNiV,  -  A  S.a.^X3J 

6a=  A  g  Cev^  '”'<r*  s,w^"] 

c(  -.  a  £  Ja  Mw  (T^  Si»/ ow*| 


Ca  =  Mh  +  }  M 


vu 


c3  -  3x  Siw  vi^  w/j  "  s~i 


0(  r  -  X  \_  M*  +  ^tfS  w  w”] 


D^  -  Mrt  f  ^ 

D^  ■*  SiwJj  ■+ 
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The  inertial  part  of  the  equations  of  motion  as  presented 
must  now  be  equated  to  the  external  forces  acting  on  the 
system  (  )  .  This  is  accomplished  by: 


Where 


(1)  Calculating  rotor  and  fuselage  derivatives. 

(2)  Aerodynamic  forces  on  the  wing  were  derived 
by  the  principal  of  virtual  work  outlined  as 
follows : 

aw 

'  a  % 


F  - —  Constant  Force 

Virtual  Linear  Displacement 

r'l  Constant  Moment 
£  <p  Virtual  Angular  Displacement 
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L 


F^  ~  D  Cos 


F"a  r  L  c  o  • &  ^  t  D  -•' 1  n  a 


M  -  M  fl.c. 


Virtual  displacements  are: 


Je,  ”  —  cf„  C  OS  C 


"S&  Cc5  t  J? ,  Si/oimj 

t  1  Y,  *  /x  Siv 


uU 


S.uJj  *X,CeSJ3  -ijS-vtV 


i" cP  -  c/©  —  cT  (^h  s i *j  £y 
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An  example  of  tHe  virtual  work  terms  is  shown  below: 
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4  /%  0  + /*7  4  4  /j(o  X  4  Au  Pm  +  /?„  Pm 

(?) 

+ 

0 

‘  v  +  e7H  +  p/0  x  +  t5„  &  *  6,, 

(3) 

<3*  :  c<  a 

6 

4-  cr  ©  +  c,  4.  4  c7  x  +-  c?  &  4.  & 

Qt  --  u,  e  ♦ 

c 

DsS  *  T>6  £  +  D  7  X  t  D*  d  -»  J>?  d 

EQ  (■) 

Pitching  moment  equation 

£<2  (a) 

Wing  moment  equation  about  the 
flapping  hinge 

Ea  (3) 

X  -  Force  equation 

£Q  M 

t*  -  Force  equation 
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49 


ie  Cca/T. 
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FINAL  EQUATIONS  OF  MOTION 


TABLE  1 


TABLE  OF  CONFIGURATIONS 


casz 

NO 

4 

WING 

POS. 

IN8D.  FLAP 

OUTBO.  FLAP 
C,E  AkIHC, 

FUEL 

TANKS 

12 

□ 

FWD 

' 

o 

FULL 

n 

45 

FWD 

0 

O 

FULL 

D 

O 

FWO 

1 

1 

FULL 

16 

0 

FWD 

1 

1 

EMPTY 

20 

□ 

AFT 

3 

3 

empty 

2( 

0 

Aft 

2 

2 

empty 

22 

0 

AFT 

1 

1 

EMPTY 

2E 

□ 

A  FT 

3 

3> 

FULL 

2b 

□ 

AFT 

2 

2 

FULL 

27 

D 

Aft 

1 

1 

FULL 

OR  CON  F  IGUR  ATIONS  USING  GEARED 
FLAP,  INBOARD  FLAP  MOV  E.  S  COUNTER, 
TO  WING  DEFLECTION;  OOTBOAR  D 
FLAP  MOVES  IN  SAME  SENSE  A£> 
WING. 
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TABLE  3 


LONGITUDINAL  CASE  12 


TABLE  4 


66 


I 


TABLE  5 


LONGITUDINAL  CASE  4 


67 


Q> 


TABLE  6 


LONGITUDINAL  CASE  16 
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TABLE  7 


TABLE  8 
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TABLE  12 


LONGITUDINAL  CASE  27 


1219 

1237 

1153 - 

T273 - 

T29I - 

1202 

1220 

L238 

1256' 

vmr 

1292 

1203 

1221 

H39~ 

1275 

1293 

1204 

1222 

L240 

1258 

1276 

1294 

1205 

1223 

L241 

1259 

1277 

1295 

1206 

1224 

..  . . - 

1260 

-  Go  () 

1278 

1296 

1207 

1225 

1261 

1279 

1297 

1208 

1226 

L244 

1262 

1280 

1298 

1209 

1227 

1263 

-  S  6 

1281 

1299 

1210 

1228 

1545 

H54 

1282 

T37RJ 

1211 

1229 

L247 

1265 

1283 

1301 

1212 

1230 

L248 

1284 

1302 

1213 

1231 

[249 

1267 - 

1285 

0 

1303 

1214 

1232 

L250 

1268 

1286 

0 

1304 

1215 

1233 

1251 

1269 

1287 

1 

1305 

TITS 

1234  “ 

1252 

- 

1270 

1288 

1306 

6 

1217 

1235 

1253 

1271” 

1289 

1307 

6 

1218 

1236 

1254“ 

mm 

1296 

1308 

1 

*  All  blanks  same  as  Case  25 


74 


TABLE  13 


SUMMARY  OF  ROOTS  OF  THE  LONGITUDINAL  CHARACTERISTIC 

equations  -  showing  periods  and  time  to  double  or 

HALF  AMPLITUDE 
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BASIC  HELICOPTER  RESPONSE  TO 
LONGITUDINAL  STEP  INPUT 


LONGITUDINAL  CASE  12 


I 

I 

I 

I 

I 

I 

I 

I 


30  P.P.S.  GUST 


FIGURE  5 
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LONGITUDINAL  CASE  1 


-10 

A 


+10 

-10 


rps 


FIGURE  6 


LONGITUDINAL  CASE  4 


FIGURE  7 


LONGITUDINAL  CASE  18 


30  F.P.S.  GUST 


FIGURE  8 


8 


LONGITUDINAL  CASE  20 


30  F.P.S.  GUST 


•  t  .  /'iff* 

;  ,  r 

'+HH 

i  t 

•  ‘  s  '  '  i  t  i  1  1  '  '  'l  1 

i.i  ;«  4 

'  i 

FIGURE  9 


81 


LONGITUDINAL  CASE  21 
30  F.P.S.  GUST 


l<5 

»■ 

11 

N 

Mi  - 

m 

I  a 

MMMH 

9i! 

ill 

iian 

limai 

FIGURE  10 


LONGITUDINAL  CASE  22 
30  F.P.S.  GUST 


!  -i  4 

i 

i 

! 

-.1 

1...L 

i  ! 

“1 

,  L-|  a 

i.i ' 

V- 

L— 

:u 

U .  J 

u 

\  \ 

L. 

L 

\_ 

\ 

-L. 

\_L\ 

.V. 

FIGURE  11 


LONGITUDINAL  CASE  25 


30  F.P.S.  GUST 


FIGURE  12 
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APPENDIX  b 


68 


LATERAL-DIRECTIONAL  MOTION 


DISPLACEMENT  RELATIONSHIPS 


Consider  the  V  &  ^  displacements  of  a  point  at  any  span- 

wise  location  due  to  a  small  disturbance  d  cf>  about  the  roll 
axis . 


Su  -  -  4  ^4  +  ( e  *  r )  ( “*  1  ^ 


For  small  disturbances,  we  can  assume: 

£>«U.  *■  *f' 

4>0O  cfr  -  I  • 


=  -  4  +  • 

Hence  ^ 


* 

a4 

f*  *  -4 

Simarily, 

H 

y") 

and 

= 

-fef/) 

* 

V  - 

0  (  /£✓  t>u  fVa  / 
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Expressing  the  differential  displacements  in  a  series. 


Differentiating  with  respect  to  time. 


Al 

,  .  t 

*  x+ 

« 

-  ■f 

0 

♦ 

6 

and  fit 

• 

f 

’  - 

V  * 

etc. 

are 

all  constants, 

being  functions 

only 

of  system  geometry. 


The  above  velocity  increments  are  referred  to  the 
axis  system.  They  must  now  be  referred  to  a  wind 
in  order  to  determine  the  total  velocities  normal 
to  the  free  stream. 


re ference 
axis  system 
and  parallel 
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s 

I 

_  Resolving  normal  and  parallel  to  the  flight  path: 


1 

1 

e 

ki  S 

—  A  PL  /a*  -t  A  r'  Off 

1 

4  1/  - 

A  PL-  Off  4  A  2  Q ff 

1 

V0  +  A\J 

t  .  a 

-  ^0  +  xf  4  |3  ®H 

I 

*  2^,  <p  St-Jy  fly,  -t  2.(3  ($  X^X 

0 

|  A;  - 

4>p?  &  H 

S  For  convenience. 

we  write: 

' 

^  = 

°  0  & 

Vj>  +  C,  <p  4  Cl  +  ^7  /? 

(£> 

Where 

c. 

*sr  (z  4  Y^)  SoA  &  H 

- 

•=  -  {&  4f')  4  to  Q  ff 

*■  f"  sitv-  (  £?*") 

and 

• 

A  <  *r 

A. 

®  6  .  0 
c(+  <f>  * 

<£) 

where 

C\+ 

*  (^2+  0  ^ CO 

**■  ( e.r  r)  CcA.  Bn 

U 

-  Y^caSj  4*f(  &0+  &#) 

Squaring  terms  in  Equ.  (3),  and  dropping  second  order 
terms,  we  obtain: 
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\J±  V,1  +  2V0  U  4  ♦  I  ^  If  «  2V0  CS  ft 

c^ti  ^  A;  “  ,V0  i  *  ^*cr  +  V>  C*  fi 

% 

t 

Aerodynamic  Forces  and  Moments  at  a  general  spanwise  station: 


The  steady  state  angle  of  attack  at  the  general  spanwise 
station  is  given  by 


& ^  ■+  +  t*/® 


For  any  disturbed  motion,  the  angle  of  attack  becomes: 


*  0  4  j?H  ~  **0  +  hs  [&£  &H* 

The  section  lift  is  given  by: 


94 


.  —  J .  Cn  C  +  ft  $$  + 


— 


-  V; a  f  £  4  ft  h 

—  + 

k.  V;  L; 

where  . 

k,  =  J-^a 

c . 

Section  drag  is  given  by 

t*  *  iey^c  cp  + 

2d<;  £(?)»■ 
bp* 

.  .  /•>  4  q  'based  on  the  steady  state 

The  drag  coefficient  CD  xaloasea  on  acCount  of 

lift,  and  the  correction  term  take 

ofii* 

changes  in  drag  arising  from  wing  flapping  disturbances^  and 
is  a  function  of  S,  and  the  flap  gearxng  ratio.  The  drag 

coefficient  is  given  by: 

Cv  *  CT>o  4  l££ir 

rr/R 

\ 

where  C<-  =  steady  state  lift  coefficient 

we  can  write  the  drag  in  the  form 

V-  =  *  C*f  0 ifcVS 

■A* 

4-  *^jVp  c«  4  *•’  2  vo  c*4 

*  Z\<\\)oliQ«  -*-  ±  f>  C\lo~ 


where 


-  P  c Cp 

Z. 

For  convenience,  we  write  the  drag  as 

T>.  c7  +  ce  4>  *  Cj  ip  ■*  £•»  p  *-  (s) 

where  ~  ^  $  ^o*~  U»  i  a.  C,  - 

C. g  -■  3  Uj  Ci  Cj  r  ^e>  c  % 


The  lift  force  can  be  expanded  as  follows 

L<;  c  ^ vSio-o/o)  f  t", vffSuXSi-  tee}*  ■» 

V 

*  ki  (  $  ""  "*0  +  2  k,  \J0  Ci  (  &  ~  off)  Q  +  2  k,  V*  Ci  (d -o/tf  ^  ij) 

■*  2  /?#  t  k|  XL.  £X  -  ) 

+  j  ^  1  1^0  ^5"  +  k|  ^ 

*•  C»2,  +  Oi  4*  +  0*  if*  4"  C»5  4-  £16  (£) 


Ol  * 

k,  \jf  (  &  -o<o) 

Co  - 

f  2  k,  cl  &  -  •Sc'} 

■+  kt  l/tf  C  M  ) 

C»m  * 

(  2.  \<\  VQ  Ci  L  <9  -  2o2 

4  k»  V|j>  dc  ) 

Cc  * 

(  Ik,  \JQ  C  it  0-Po] 

+  k\  M#  Cj  ^ 

- 

l<,  U0V  (  JU  $%  - 

&/£* 
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The  pitching  moment  equation  is: 


r 


I 

I 

I 

I 

I 

I 

i 


t 


! 


) 


“  ipK*c*  1 

'  CM 

+  ^Ho<re 

-«.]) 

V 

+  c*fV0  c,  | 

*  ^ 

[®- 

+  <V  V»  c* 

(  C”M. 

•<  C 

:e- 

i 

+  c>  V„  c. 

( 

4 

[®- 

<])  (?, 

+  f  CV  Vc 

( 

+•  . 

£kW  [  f?  - 

~brJol) 

+  -jr  °P  C 

v„  ^ 

$  + 

i. 

2 

cy  ^  v0  c  y 

6 

t 

■»  JL  LXf>  CK 

^  Vo  ^6  |$H 

=  ()$  + 

* 

4  c 

2o  if 

+  C2\  fa 

+  CZ2  |Srt  ^ 
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t,. 


where 


C(8  -  ^cxy/az(C"H  *  ]) 

=  C>V0  (c,[  Ch/tf  *-  C"*  l  ©“'<«]]  4  ^  ^  ) 

^20  -  (Cz[CMAt+  ^  ^5  ) 

r. 

Cj.  —  (  63£Cm^  +  Ci*  [  0- «/.J J  +  ) 

Ci7  ^  C*/3  /  crfijjt  +  CM<<  [  £3  -  <is L°  ]  j 

-  V  V*' 


Finally,  resolving  back  to  Reference  axes, 


N4'  =  'L; 

*£<30  &n  —  L;  9,( 


£(£.  (iCO  &H 

+ 

C  j  St~\  0  y 

ft 

•f  CC,3  (£>  ^<50 

* 

Cq  (j)  JL-.  ^ 

(•*  C\ *  +  ^ 

■+  y  Zco  Oh 

+ 

\iv> 

(V  ^  y  ) 

0  . 

t  Or  v  ^0  &h- 

■f 

Go  ^ 

^  V 

^  c«|*n  ) 

4  C,t  4co  &h 

Cl  fin 

^  hi  ft) 

’>8 


-S-c 


= 

C  7  -4 CO  — 

+ 

o 

C-g  <p  -d&V  Qy 

C13  <p  _£jw  0" 

■4- 

Cy  iff  -4**  — 

0  Cl0 

4 

0 

(■IS  fu  &H 

0  (si 

•4- 

0/  fn  0  H  — 

('IL  fin  £cS  &h 

(*  ci2 

The  total  rolling  moment  due  to  Nit 


is  given  by: 


yV  •  Sc/S  - 


N-  Sc/S 


(£? 


where  <2  =  distance  of  hinge  line  from  fuselage 

centerline 

fc,  =  spanwise  location  of  break  in  flap, 
measured  from  hinge 

=  span  of  wing  outboard  of  hinge 

tb  =  spanwise  coordinate,  measured  from 
centerline . 


The  derivatives  of  U,  with  respect  to  ^  ^ 
and  are  therefore  given  by 
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Subscripts  L  and  o  now  denote  the  inboard  and 
outboard  values  of  the  general  term  q 


Similarly,  the  yawing  moment  derivatives  are: 


<s> 

Nf 

-  |  Czv  + 

6 

I  £,5/s 

■V**, 

(A) 

*j*Q< 

t-at# 

«  J  C&'  sets.  t 

• 

I  dS*4 

(M 

at 

j) 

et* 

=  J  C3/.  5r/S  + 

sds 

fr> 

"f 

=  J  <x. Jjs  + 

e 

r‘ 

)  C32p 
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The  winq  hinge  moment  can  be  written: 


W  =  t^l;  XX  S3  -  Px  r^Sl  -  h/<  •tdooS^^oo  0-Q 

0  •  6 

“  ^3*  +  <p  “r  C*<>  ^  +  *~l7  +  ^IS 

Where : 

<-35-  s  «£«v>  —  Y  7)CG  cSj  (  ^  sXu^  ©  *f  C/ j  <f,e®  0  ) 

£  34  c  ^3  ""  ^  ^  C<j  ©  r  £3  ) 

Cyj  ~  £*(  5$  ( C.fb  iL  63  +  £?) 

C-j/jr  *  Cl!  X**i  5^  —  r  '(jtffl  Sj  (  Cii  XtU.  0  +  C,t  ^09  0  ^ 

Then  the  hinge  moment  derivatives  are: 


Mf  ' 

ss#\ 

J  ^ir;  a*  + 

0 

X, Cjr*  ^ 

(n)  g») 

Mj  * 

(*' 

J  csc^  d*  + 

0 

C* 

Cnc  <* 

>, 

ffc) 

Hf  - 

r** 

1  di  *  j 

I  *17*  ck/ 

*, 

(<) 

H 
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Evaluation  of  the  Integrals 


The  foiling  damping  derivative  is  given  by  the  expression: 


/.f  ”  ~  f  s  ~  J  { 
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^1  ar  ^  ft 

Cy  e  /  «-•»-  <  )  <j*> 


h  =  ^ 

^  |Ot  4 

Therefore,  ^  =  (fi-tr)  (  2  ki  V0  />-<*<*]  6«  +  tfc  £>,♦) 

*  (e.+r)(zl<iVe> 

2  (e+r) 


Thus, 


c[J  (e+y)  sets  ■  -  c'^f(i*f)ids 

-* O 


' O 

from  the  definitions  of  e,  r  &  s,  given  in  Equ.  (8)  ,  it  can 
be  seen  that : 

etf  *  s 


Hence : 
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in  a  similar  manner. 


o 


t+A- 


f  S^dS 


The  flapping  moment  derivatives,  L.  ^  are 

handled  as  follows : 


Sds 


<l+4- 


$ds 


(The  lower  limit  in  the  first  integral  becomes  'e',  as  there 

is  of  course  no  meaning  to  the  integral  between  •S-o  and  the  location 

of  the  hinge  at  station  ) 

**■  (  2  k,  V0  Cj +  2  C\ 


Cj  as.  Y  Y>oo  Q 

«  Y  {>09  Sj  4*9  9 


Hence,  C*.*  *  T  (  2  la,  V0  L  &-O/0]  S^B  *  la,  \/0  -dto 

+  Y  l«>$2  (zk}  \J0  S*Js  &  S*X  &H  ) 


Substituting  r  =  -s-«  ,  the  expression  for 

becomes : 
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As 


The  Aerodynamic  stiffness  derivative  is  given  by  the  expression: 


S  e/S 


=3  ft,  V  [  StJx  -  doS*  J 

tfi 


y 

The  term  1S  rate  of  change  of  section  zero 

lift  angle  with  wing  displacement,  and  is  a  function  of  the 
flap  gearing.  Likewise,  the  term  Jcg  accounts  for 

the  variation  of  section  drag  coefficient  with  flap  gearing. 


The  derivation  of  the  yawing  derivatives  is  exactly  analogous 
to  the  foregoing,  and  without  any  further  work,  the  formulae 
are  written  below: 
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Expanding  the  hinge  moment  derivatives,  and  again 
using  primes  to  indicate  those  terms  where  the 
variables  (r)  and  (e  +  r)  have  factored  out 
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form  symmetric 


intej?tial  matrix  reduces  to: 
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final  equations  of  motion  become: 
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U.  S.  Army  Standardization  Group,  U.K. 

Box  65,  U.  S.  Navy  100 
FPO  New  York,  New  York 

Office  of  the  Senior  Standardization  Representative 

U.  S.  Army  Standardization  Group,  Canada 

c/o  Director  of  Equipment  Policy 

Canadian  Army  Headquarters 
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DAQMG  (Mov  &  Tn) 

3100  Massachusetts  Avenue,  N.  W. 

Washington  8,  D.  C„ 

Commander 

Armed  Services  Technical  Information  Agency 
ATTN:  TIPCR 

Arlington  Hall  Station 
Arlington  12,  Virginia 

Cornell  Aeronautical  Laboratory,  Inc. 

ATTN:  Mr.  Richard  White 
4455  Genesee  Street 
Buffalo  21,  New  York 

Sikorsky  Aircraft 

Division  of  United  Aircraft  Corporation 
ATTN :  John  Rabbott 

Stratford,  Connecticut 

Hiller  Aircraft  Corporation 

ATTN :  Library 
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Danbury  Municipal  Airport 
P.  0.  Box  603 
Danbury,  Connecticut 

Bell  Helicopter  Company 

Division  of  Bell  Aerospace  Corporation 

ATTN:  Robert  Lynn 

P.  O.  Box  482 

Fort  Worth  1,  Texas 

Hughes  Tool  Company 
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ATTN :  Library 

Culver  City,  California 

Kaman  Aircraft  Corporation 
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McDonnell  Aircraft  Corporation 

ATTN :  Library 

St.  Louis,  Missouri 
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Georgia  Institute  of  Technology 

ATTN:  Library  (1) 

Atlanta,  Georgia 

Massachusetts  Institute  of  Technology 

Department  of  Aeronautics  and  Astronautics  (1) 

Cambridge,  Massachusetts 
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Attn:  Library  (1) 
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ATTN :  Library 
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